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RESEARCH MEMORANDUM 


PRESSURE DISTRIBUTION OVER A SHARP -NOSE BODY 
OF REVOLUTION AT TRANSONIC SPEEDS 
BY TEE NACA WING-FLOW MEiTHOD 
By Edward C . B . Danf orth eind J . Ford Johnston 


SUMMARY 


The pressure distrihution over a sharp-nose "body of revolution 
having a circular-arc profile and fineness ratio 6 has been obtained 
at transonic speeds by the NACA wing-flow uethod. 

It was found that the transition from the theoretical subsonic to 
the theoretical supersonic tj'pes of pressure distribution occurred 
rapidly but smoothly in the Mach number range from O .92 to 1.00. The 
corresponding growth and rearward shift of the negative -pressure region 
caused a rapid rise in the pressvire-drag coefficient from 0 at a Mach 
number of 0.94 to 0.21 at a Mach number of 1.00, and a slower rise 
thereafter. This pressure drag was not associated with separation. 


INTRODUCTION 


The over-all aerodynamic characteristics of fuselage -like bodies 
are currently being studied at transonic speeds by the free-fall method 
(references 1 and 2 ) and rocket nethod (reference 3 ) . It is desirable 
to supplement these investigations by the measxurement of the pressure 
distribution in order to obtain a more detailed understanding of the 
flow characteristics . 

Exploratory pressure distributions, presented herein, have been 
obtained at transonic speeds over a body of revolution by the NACA 
wing-flow liiethod. The purpose of the Investigation was twofold: to 

compare the experimental distributions with the theoretical subsonic 
and supersonic distributions; and to study the manner in which the 
distribution changed through the transonic range, with particular 
reference to the causes of the rapid increase in drag. 
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Two bodies of revolution having a maximm diameter of 1 inch, 
fineness ratio 6 to 1, and circvilar-arc profile vrere constructed for 
the investigation. The first body was moxuited on a ^-inch-diameter 


sting which Joined the body at 86 percent of the body length. The 
upper and lower meridian lines carried six orifices each s^ced along 
the length of the body. The second body was mounted on a “-inch-diameter 

sting which Joined the body at 9^ percent of the length. The orifices 
on this body were concentrated in the rear, four orifices on the upper 
neridian and two on the lower meridian. Photographs of the bodies are 
shown in figures 1 and 2 and sketches showing dimensions and orifice 
locations are shown as figure 3. The body -sting combinations were 


mounted 6^ inches above the aijrplane wing, as shown in figure ^ and 
were alined laterally with the local flow direction. 


The experimental technique, which followed tlie general method of 
reference 14-, was to dive the airplane from an altitude of 28,000 feet 
and a Mach number of 0.50 to 15,000 feet and a Mach number of 0.72. 

The corresponding variation of Mach number at the model position was 
from 0.65 to 1.08 and the Reynolds number based on the body length 
of 6 inches varied from 0.8O x 10^ to I.60 x 10°. During the dive, 
standard NACA instruments continuously recorded and synchronized all 
model pressures, airplane impact and static pressures, free air 
temperature, eind normal acceleration. 


The chordwlse veirlatlon of wing surface Mach number Mg along the 
test section, determined from flights without a model, is shown in 
figure 5. The Mach number M at the height of the model was calculated 
from the predetermined normal gradient, the value of which averaged 
about -0 .OO'fMg per inch away from the sijrface . The Mach numbers 
quoted in the remainder of the report are the average values over the 
length of the body. The dynamic pressxn*e euid reference static pressure 
used in the calcvilatlon of the pressure coefficient Ap/q correspond 
to this average Mach number. 


RESULTS AND DISCUSSION 


Variation of pressure coefficient with Mach number .- The variation 
of pressure coefficient Ap/q with Mach number M is shown for each 
orifice position x/Z (see fig. 3) in figures 6 and 7 for the body 
with the large sting T ^-Inch diameter J and with the small sting 

(^J-lnch diamete^ , respectively. The curvature of the flow over the 
airplane wing was such as to put the nose of the bodies at about 
1° angle of attack. Examination of parts (a), (b), and (c) of figure 6 
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will show the of»6ecJ»ef^*thls an^e, *(51 preasxarea on 

the upper marldipjj ^re pior4 negpJtlAf*^ the-nj iSfoa^ tfi 'tSi^ lower meridian. 
Theoretical calc?iJtlatlC)n^*bSt35d*oli Tifef^f^ribe* 5 ^cL*^rufependont of Mach 
number to the first order indicate pressure differences due to 1° angle 
of attack of about the same magnitude as those measured. The more 
rearward orifices, parts (d), (e), and (f) of figure 6, show only small 
angle- of- attack effects. Evidently the rear of the body was very 
nearly alined with the flow. The angle -of -attack effect on the measxired 
pressures should also be small for the body with the small sting, 
since the orifices were all toward the rear of the body. 

In figure 6 there is also plotted for each orifice position the 
variation of Ap/q with M which was obtained by applying the 
three-dimensional Prandtl-Glauert corrections (references 6 and 7) to 
the theoretical incompressible pressures calculated from thln-body 
theory for the body-sting combination. The con5>re3slbllity corrections 
of references 6 and 7 are strictly applicable only near the maximum 
diameter of an ellipsoid of revolution. Comparisons are made, however, 
for all orifice positions to examine the general applicability of the 
corrections. It is seen in figure 6 that the theoretical variation 
of Ap/q with M is in fair agreement with the experimental variation 
not only at maximum thickness (fig. 6(d)) but at points both forward 
of and behind maximum thickness, except very near the nose of the body 
(fig. 6(a)). The theoretical variation tended to overestimate the changes 
of Ap/q with M for positive pressures and vinderestlmate the changes 
for negative pressures. 

On the forward part of the body (figs. 6(a), 6(b), and 6(c)), the 
experimental variation of pressure with Mach number is always small 
and continuous. Near midlength and in the rear, however, (figs. 6(d), 

6(e), and 6(f) and fig. 7) the changes in pressure are large and 
abrupt betAveen M = 0.92 and M = 1.05. These leirge abrupt changes 
are associated with the rapid growth and the rearward shift of the 
peak negative pressitres in this Mach number range . Although the cheuiges 
in the individual pressures etre abrupt, it will be shown that the 
pressure distribution as a whole changes shape smoothly. 

Pressiure distributions along the body axis .- The distribution of 
pressure along the body axis is shown for several Mach numbers in figure 8 
for the body with the large sting. The experimental points show the 
average pressure between the upper and lower meridians, and thus represent 
closely the condition of zero angle of attack. These averaged distributions 
are cortq)ared with the theoretical incompressible and theoretical 
compressible distributions. 

At M = 0.70 (fig. 8(a)) the experimental points agree -closely 
with the inconqjressible distribution. It would appear that the effect 
of compressibility on the body pressures is slight at Mach numbers of O. 7 O 
and below. # 
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At Mach numheystorSDlSOpo:^^ fifti tngP 8(c), and 8(d)) 

the pressures are def inijt&ly infiieasad iK^tsfJlu't^ n85gijlj.ude over the 
incoD^resslble values.** The theore’^ical comp:^53Slbr^ •distributions 
at these Mach numbers are in reasonable agreement A>rlth the experimental 
distributions except near the nose . 

The distribution for M = 0.92 (fig- 8(d)) shows that slightly 
supersonic speeds are hero attained over the thicker parts of the body • 
The attainnent of sonic speeds seems to be a point of demarcation as 
far as the general shape of the pressure distributions is concerned. 

Below M = 0.92 the experimental distributions are symmetrical, except 
for the asymmetry induced by the presence of the sting, and the growth 
of the pressures with Mach number is relatively slow. Between M = 0.92 
and M = 1.00, however, (figs. 8(d) to 8(g)) the peak negative pressures 
grow rapidly and the negative pressure region shifts rapidly rearward. 

As the Mach number becomes supersonic (figs. 8(h), 8(i), and 8(j)) 
the rearward movement of the peak negative pressures becomes less 
prono\mced, the peak pressures themselves tend to decrease in magnitude, 
and the pressure distribution approaches the type found theoretically in 
reference 8. 

Theoretical distributions calculated from reference 8 are compared 
in figure 8(j) with the experimental distribution for M = I.05. The 
experimental anil theoretical distributions for M = 1.05 are in fair 
agreement although the assumptions of the linearized theory are 
generally not believed valid for Mach numbers so near unity. Theoretical 
distributions for Mach numbers of 1.15 and 1.4 are also presented to 
indicate the changes in distribution to be expected above M = 1.05« 

These changes are in line with those observed between M = 1.00 and 
M = 1.05. It is interesting that the rapid pressure recovery over the 
rear of the body that is predicted theoretically is evidenced in the 
experinental data without any sensible flow separation at least to 

- = 0.83 in spite of the severe adverse pressure gradients enco\mtered 

and the small scale of the tests. 

In order to study further the problems of flow separation, a second 
body was constructed with a smaller sting and with pressure orifices 
concentrated over the rear pstrt. The lengthwise pressure distributions 
for this body are shown in figure 9* At each Mach number the fairing 
between ^ = 0 and ^ = 0.^0 was taken from figure 8 inasmuch as 
neither sting can have appreciable effect on the body pressures ahead 
of I = 0.50. 
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The die trihlfUicSA* of* pife as we a» Vehf ndj ^ *= *0 j ^3 | *^lga • 9(a) 

to 9(g)) shows aI^*Li^t*ieiiisney* towa:»d*sei»ra'5l®38.«. ‘^his condition 
becomes aggravated as the Mach number increases from 0.70 to 0.96. 

At a Mach number of 1.00 and above (figs. 9(h), 9(i)^ and- 9(j)) the 
pressure recovery takes place continuously to the last point of 

measvirement = 0.9^, and good agreement is obtained between the 

theoretical and experimental, rear pressure recoveries at M = 1.05 • 

It appears likely that for a complete body (no sting) no importeuit 
flow separation would occur foirward of ^ = 0.91* Any separation 

X 

occurring behind j = 0.9I would, since the cross section is small, 
have only a small effect on the drag. 

Pressure drag .- Sample curves of Ap/q against (r/R)^ (see fig. 3) 
for the body with the largo sting are shown for M = O.70 and M = I.05 
in figure 10. The area enclosed by such a curve is, with proper regard 
to sign, equal to the drag coefficient Cjj of the body-sting combination, 
baaed on frontal area. At M = 0.70 (fig. 10(a)) the net drag of the 
combination is very nearly zero as would be expected from considerations 
of subsonic potential flow. At M = I.05 (fig* 10(b)), however, 
a net drag force exists . 

The variation of pressure -drag coefficient with Mach number for 
the two body-sting combinations shows a striking resemblance (fig. 11) 
to the variation of total-drag coefficient (reference 1) for a freely 
falling body of the same fineness ratio. The pressure -drag coefficient 
Increases sharply from zero at M = 0.9^ to about 0.21 at M = 1.00 
eind increases less sharply above M = 1.00 reaching a value of about 0.25 
at M » 1.05. The sharp increase in Cp between M = 0.9^ and M = 1.00 
is not associated with emy Important flow separation, but is due primarily 
to the rapid growth and rearward shift of the negative pressure region 
as sonic speed is approached. It has already been shown that above 
M = 1.00 the rearward movement of the negative pressure peak is less 
rapid and that the peak pressures themselves tend to decrease in magnitxide . 
This combined effect results in a less rapid increase of Cp above 
M = 1.00. 

Effects of Interference and horizontal greuiient .- There are two 
factors that may have affected the measured pressure distributions of 
the bodies^ the interference effect between the body and the airplane 
wing surface, and the effect of negative presswe gradient along the 
teat section at Mach numbers greater than about 1.0. 

Calculations made from the subsonic theory indicate a negligible 
interference effect to be expected at the lower Mach numbers investigated 
(M = 0.70 and 0.80). At a given x/l (fig. 6) the difference in 
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pressure betwen jtlje Ixwer •m«r4.di^a*4oe*sJ ii(5» vary appreciably 

with Mach nvunber .*.:Thi^ •LncLJcjitfeX effect *c& tlmterference at 

the hi^er Mach numbers was of the same order as that at the lower 
Mach numbers, and should, therefore, be small. 

The falling pressures along the test section at the higher Mach 
numbers tend to cause a relative decrease in the pressures over the 
body from the nose to the tail, to cause the negative peak to move 
slightly more rearward, and, consequently, cause an apparent increase 
in drag. The adverse pressure gradient neeir the rear of the body 
wo\ad tend to be reduced and possibly move the point of separation nearer 
the tail. The effect on the position of the negative peak and on the 
point of separation should be quite small, however, since the press\jre 
^adient along the test section is small with respect to those on the 
body . 


It is therefore believed that any distortion of the pressure 
distribution due to the effects of interference or pressure gradient 
was not of sufficient magnitude to alter the conclusions reached in 
the discussion. 


CONCLUSIONS 


Pressure distributions over a sharp “nose body of revolution obtained 
at transonic speeds by the NACA wing-flow method have indicated that: 

1. The types of pressure distribution that wore obtained at both 
subsonic and supersonic speeds were those predicted by thin-body theory . 

2. The change in the pressure distribution from the subsonic tj-pe 
to the supersonic type was accomplished rapidly but smoothly in the 
Mach number range from 0.92 to 1.00. 

3. Supersonic speeds were first attained over the thicker sections 
of the body at a Mach number of 0.92. The pressure drag began to 
increase noticeably at a Mach number of 0.9^> 

k. The pressure drag coefficient Increased rapidly from 0 to 0.21 
as the Mach number increased from 0 . 9 k to 1.00, and increased less 
rapidly thereafter, reaching a value of 0.25 ^-t a I'to.ch number of 1.05* 

5. The pressure drag was not due to separation but principally 
to the growth and rearward shift of the negative pressures as sonic 
speed was approached and exceeded. 

Langley Memorial Aeronautical Laboratory 

National Advisory Committee for Aeronautics 
Langley Field, Va. 
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Figure 1,- 


Body with ^-inch diameter sting. 
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Figure 2.- Body with --inch diameter sting. 
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Figure 4,- Body-sting combination mounted on airplane wing. 
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F/gure 3 Pressure distributions along axis 
■for v'ar/ous Mach numbers; -b-inch 
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